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The flight performance of the Mercury Space- 
craft ablative heat shield is aumnrlsed with re- 
spect to its conceptual development, thermal design 
and performance, and manufacturing and testing. 

A full-scale Research and Development (R and D) 
shield was flight tested to provide a qualification 
of the ablative approach In general and the shingle- 
layup glass -reinforced phenolic syBtem employed In 
particular. Thermal performance parameters were de- 
rived from this test which formed a basis for sub- 
sequent analysis and predictions. 

Flight-test results from the seven production 
shields flcvn, Including the six that entered from 
orbit, are presented. Ground -test results and the- 
oretical performance predictions were compared vi ti- 
the flight results and good correlation was found. 

Tb* Mercury spacecraft heat shield performed 
consistently well during the project. While abla- 
tive in the gsnsral sense, very little mass loss 
occurred and no change in shield thickness was noted. 
The most dominant mechanism of heat rejection was 
found to be radiation from the char. The engineer- 
ing approach to the shield design and performance 
analysis was quite satisfactory and this type of 
shielding sy3tem was considered well suited to sat- 
ellite entry conditions such as t 
by the Mercury manned spacecraft. 

Introduction 

It is the objective of this paper to describe 
the development and flight performance of the heat 
Ghield used for entry thermal protection of the 
Mercury spacecraft. This paper considers only the 
ablative protection utilized on tne forebody of the 
spacecraft. 

The Mercury spacecraft and its mission have 
1 2 

been described in references and . ' Basically, 
the spacecraft was a blunt ballistic vehicle sized 
for a single pilot and for launch by an Atlas launch 
vehicle. The launch -escape configuration for the 
spacecraft is shown In figure 1. 



For reasons to be described an ablative shield 
was chosen for the spacecraft. A full-scale Research 
and Development (R and D) shield of conservative de- 
sign was built and flown to demonstrate the concept 
of ablation as a means of thermal protection for 
satellite vehicles. Design, ground test, analysis, 
and flight qualification of the prototype shield 
followed and excellent performance of the shield vas 
obtained. A total of six orbital entries, four of 
them manned, were carried out successfully during 
Project Mercury. The thermal performance of the 
heat shield and the approach to its design, fabrica- 
tion, and qualification form the substance of this 
paper. Practically no thermos tructural analysis was 
performed on the Mercury shield. 

The structural consideration of moat concern 
vas that far landing impact. Loading and strength 
analyses and extensive tests were performed for this 
condition. The discussion of this aspect of the 
heat shield is not, tcvever within the scope of 
this paper. 

Exhaustive thermal analysis was not performed 
on the Mercury heat shield, but fairly complete data 
on recovered shields were obtained and are included 
in this paper. 


Symbols . 

A area, ft 

0^ coefficient of drag 

c specific heat, Btu/lb-*R 

g acceleration loading 

H enthalpy, Btu/lb 

X conductivity, Btu/ft-sec-’F 

m mass of vapor produced in ablation procesr. lb 

N ot Prandtl number 

rts * 

Q total heat, Bt-/ft 

g 

q heating rate, Btu/ft -sec 

Rjj body nose radius, ft 

T temperature, °F 

t tins, sec 


The heat shield was protected from the boost 
environment because of its position in the space- 
craft-launch vehicle adapter. During the orbital 
mission, the heat shield faoed forward In the di- 
rection of flight and vas exposed to the near-earth 
vacuum environment and to temperature excursions 
ranging from 60* to 90* F. Entry vas achieved by 
atmospheric braking along a shallow flight path 
which resulted in deceleration levels of about lOg, 
and maximum heating rates of approximately 
2 

50 Btu/ft -sec. A cold -vail heat pulse of about 

8,000 Btu/ft 2 vas experienced in the 5 -minute entry 
time for which significant heating occurred. 


V flight velocity 

V c reference satellite velocity, 26,000 ft/sec 

W weight of spacecraft, lb 

x distance from front face, in. 

a parameter described by equation (£}, 
appendix B 

8 thickness of element, ft 

« amiss ivity 

p density, lb/ft^ 


- /* 
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Ttefan-Boltzraan constant, 


0. 1714. x 10- 


Btu 

5 H 

hr-ft*-^ 


Since these shields were available early in 
the program, they were employed on the ballistic 
flights by Astronauts Alan B. Shepard and Virgil I. 
Grissom, May 5 and July 21, I96I, respectively. 


Subscripts ; 

a at ablation condition 

Aero aerodynamic 

am ambient 

BL .blockage 

e edge of boundary layer 

N surface e lament 

n typical internal element 

p at constant pressure 

SI# sea bevel 

v vail 

Z stagnation 

2 conditions behind shock 

NOTE: Barred quantities denote wean properties in 

the boundary layer. 

History of the Mercury Heat Shield 
Configuration 

The Mercury spacecraft configuration was pri- 
marily determined by heating considerations and the 
final configuration shewn in figure 1 evolved from 
an extensive study of shapes which would minimize 
the entity heating problem as veil as satisfy numer- 
ous stability requirements. A blunt vehicle was 
selected very early in the project to provide a low 
value of the ballistic parameter W/C^A. An after- 
body over which the flow would be separated was 
also chosen by considerations of both heating end 
stability for the entry portion of flight. A cem- 
proaiae between stability and the requirement of 
uniform heating on the shield resulted in the 
00-inch radius of curvature assigned to the blunt 
face. The design of the spacecraft structure re- 
quired a pressure vessel over which a heat protec- 
tion shell was fitted. The configuration was such 
tnat the optimum h^at shield was a segment of the 
surface of a sphere, supported continuously around 
the edge. 

The Heat -5 ink Approach 

The first approach considered /or the heat 
shield wns a beryllium heat sink. The total heat 

g 

load to be expected, approximately 6,000 Btu/ft 
for the early predictions, cculd be handled reason- 
ably well by a beryllium heat sink 1-ineh thick 

with a unit weight of approximately 10 lb/ft^. 

Such a heat sink would have experienced an incre- 
ment in temperature of about 1,200° ?. Considera- 
tions of toxicity and fire hazard from the shield 
in the event of a land impact eventually ruled out 
this epp:x>ach for the orbital entries. However, by 
the time this decision had been made, a number of 
heat sinks had been fabricated. These heat sinks 
were forged shield of QHV beryllium, a form of the 
material that is produced by sintering beryllium 
powder. 


The Ablative ^Shield Approach 

Ablation technology was ac vancing rapidly at 
this time, and it was apparent that a ohield of the 
type then used on missile nose cones could provide 
protection without the disadvantages of the heat 
sink and with a possible saving in weight. Tfcis 
approach vas adopted for the beau shield qualifica- 
tion flight and was continued for the remainder of 
the program. At an early stage in the design of 
the Mercury spacecraft, the fall of 1958, a Jupiter 
missile nose cone was successfully recovered. This 
nose cene involved a composite shingle -type construc- 
tion which provided structural strength while still 
permitting the large vcluoes of gas generated by the 
heat to flew between the ablative laminates without 
forcing the laminates to separate. 

Since no directly applicable satellite entry 
flight experience had been gained with a heat shield 
of this design, it was considered essential that e 
conservatively designed prototype shield be flown 
on a trajectory that would simulate the conditions 
for entry from orbit. It was also considered ab- 
solutely necessary to recover the heat shield for 
postflight examination, and, accordingly, a bal- 
listic trajectory was selected for tills qualifica- 
tion flight. This preliminary flight qualification 
test is described in the following section of this 
paper. This qualification flight demonstrated the 
suitability of the shingle -lamina ted phenolic glass 
heat shield for the Mercury entry he&l protection, 
and operational shields were constructed in a similar 
manner. 

The shield construction and dimensions, in- 
cluding a photograph, are shewn in figure 2. 

The general performance of the ablative shield 
was highly satisfactory, and the six shields that 
entered from orbit all performed their function 
perfectly. 

P reliminary Flight Qualification Test (Big Joe) 
Introduction 

A flight -test program utilizing a full-scale 
spacecraft was considered essential for early ver- 
ification of design concepts under actual flight 
conditions because no ground -test facility existed 
at that time with the capability of simulating the 
entry environment. The first Atlas -boosted flight 
used a boilerplate vehicle named "Big Joe", and was 
conceived to investigate some of the many problems 
associated with entry from orbit as well as to pro- 
vide an early check on the basic approach to the 
heat protection being employed in the Mercury de-. 
sign. This flijftt test was planned to simulate as 
nearly as possible the conditions of atmospheric 
entry from a shallow earth orbit of a full-scale 
spacecraft. This spacecraft was equipped with an 
ablation heat shield made of a phenolic fiber -glass 
resin material of the type planned for the Mercury 
heat shield and was so instrumented that its thermal 
performance could be determined. This was one of 
the primary objectives of the flight test. 
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The spacecraft flight test was conducted on 
Scptenf"*r 9, 1959* from the Air Force Missile Test 

Center, Cape Canaveral, Florida.'*' IMg section 
presents o.ily the results of the oblation -hr at- 
shield performance during this test. 

Spacecraft Description 

The boilerplate spacecraft, had essentially the 
same external dimensions as the Mercury spacecraft 
with the exception that it was not fitted with an 
escape tower. Structural details of the boilerplate 
spacecraft were not typical of the Mercury space- 
craft, as It was designed to meet only the require- 
ments of this fligh* test. A sketch showing the 
general dimensions of the boilerplate spacecraft j 
given in figure ). It consisted of the following 
four major assemblies: the heat shield, pressurized 

instrumentation compartment, conical and cylirirical 
afterbody, and eft canister. A photograph of the 
assembled boilerplate spacecraft is shown in fig- 
ure 4. 

Hie heat shield was an ablative type made of 
phenolic resin and fiber glass and the afterbody was 
made of inconel sheet. The spacecraft instrumenta- 
tion was contained in a pressurized compartment, and 
the parachute system and recovery aids were contain- 
ed in the afterbody and aft canister sections. 

Keat Shield Description 

The heat shield used on Big Joe was geometri- 
cally a 74.5-inc> diameter spherical segment with a 
radius of curvature of 80 inches. A sketch of the 
heat shield is shewn in figure 5. The heat shield 
consisted of two laminates: an outer ablation lam- 

inate, 1.075 inches thick and an inner structural 
laminate, 0.p50 inch thick. The ablation laminate 
was made of concentric layers of fiber-glass cloth 
orientated so that the layers were at a 20° angle 
with the local heat-shield surface. The structural 
laminate was made of fiber-glass cloth orientated 
with the individual layers parallel to the outer 
surface. Both the ablation and structural laminates 
were made from a special finish fiber-glass cloth 
with a jlw phenolic resin. Resin content, by 
weight, of the ablation and structural laminates was 
40 percent and 30 percent, respectively. A circular 
ring (fig, 5) 3 inches high, made of fiber glass and 
resin, was attached to the back of the heat shield 
and served to bolt the heat shield to the pressur- 
ised compartment of the spacecraft. 

Heat Shield Instrumentation 

The heat shield as instrumented to obtain tem- 
perature and char -penetration time histories during 
flight. Unique sensors were specifically developed 
and the heat shield was instrumented with 1} of 
these sensors located at the positions indicated in 
table 1. Each of the sensors consisted of 2 dis- 
tinct types of measurements; first, 6 thermocouples 
spaced in depth as shown in table 1 and second, the 
char sensor circuits which ccnaieted of 20 pairs of 
wires spaced in depth. The individual pairs of 
wires utilized the property <V the resin becoming 
an electrical conductor when charred to complete the 
electrical circuit between a/jacent wires. A de- 
scription of the sensor wor' is given in appendix A. 


[erolnafter referred to as Cape Kennedy 


F light Description 

The launch vehicle used for this flight, test 
was the Atlas 10D missile. Hie boilerplate space- 
craft was attached to the adapter by means of a 
special T*ing-type clamp. 

The vehicle was launched on bepteraber y, 1959 » 
from the Air Force Missile Test Center, Cape Kennedy, 
Florida. A malfunction occurred during the launch 
phase because the booster engine did not separate 
from the Atlas sustainer stage after burnout. This 
added weight caused the entry condition? to be dif- 
ferent than programed and an entry angle somewhat 
steeper than that planned for the simulated orbital 
en-.i'y resulted. This malfunction also led to a de- 
lay n the separation of the spe :raft from the 
Atlas. After separate _»r», the spacecraft attained a 
general heat-shield forward attitude which it main- 
tained throughout entry. 

Hie spacecraft coordinates in space near apogee 
were obtained from rada~ data and used in conjunc- 
tion with data from accelerometers to calculate the 
entry trajectory. Hie accuracy of the trajectory 
determined by this technique is affected by uncer- 
tainties in various parameters in the calculations, 
such as drag coefficient and air density. By varying 
these parameters over a range, it was possible to 
obtain a trajectory for which calculated load fac- 
tors closely approximated thore measured on board- 
The actual achieved trajectory thus calculated ia 
shown in figure 6. 

The spacecraft was equipped with an automatic 
reaction control system to control its motion dur- 
ing entry. However, because of the delay in space- 
craft-launch vehicle separation, the control -system 
fuel supply was expended in an attempt to control 
the motion of the spacecraft-launch vehicle combin- 
ation. Attitude data obiained during entry indi- 
cated an oscillatory motion about the trim angle. 

This trim angle, caused by the spacecraft's center 
of gravity being offset from its longitudinal axis 
was approximately 4°. The average amplitude of the 
oscillation about the trim angle ever the time 
interval of interest in the analysis of the heat- 
shield performance was approximately 12* to I 5 8 . 

The spacecraft's parachute larding system op- 
erated successfully, resulting in a safe water 
landing. The recovery aids enabled prompt location 
and the spacecraft was recovs ‘ed in excellent con- 
dition 7 hours after launch. 

Results arid Discussio n 

Hie desired insertion conditions for tills 
flight test were intended to simulate closely the 
atmospheric entry from a shallow earth orbit. How- 
ever, because of the failure of the launch vehicle's 
engine to separate from the Atlas, the heating en- 
vironment of the heat shield was not as severe as 
would have occurred had the desirea trajectory been 
obtained. A comparison of the heating estimated 
for the actual entry with that estimated for the 
planned flight was made wi in a widely used theory 

(ref. ^). This comparison of values (fig. 7) based 
on a zero value for wall enthalpy, showed the peak 
heating rate obtained during t, he flight to be ap- 
proximately 77 percent, of th,* target value and the 
total cold -wall heat load obtained to be approxi- 
mately percent c* the tagei value of 7,100 
Btu/ft 2 . 
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An evaluation of the heat -shield, performance 
involved analysis of the test results with regard 
to: general condition of the recovered heat shield, 

heat-shield temperatures and char characteristics, 
and neat-shield heating rate attd mechanisms of ab- 
lation. A detailed discussion of each of these 
items follows: 

Description of recovered heat shield . - The ab- 
lative heat shield withstood both the entry and re- 
covery phases of the flight test with only super- 
ficial damage. 

Figure 8 shewn the photograph of the recovered 
heat shield. The pie-shaped discolored region in 
quadrant II wan caused by a dye -marker recovery aid 
and was not caused by any effects of heating. The 
random dark marks are scuff marks made durii g the 
recovery operation. Small droplets of rosed glass 
were observed over the entire heat-shield surface. 

A stagnation point offset of approximately 6 inches 
caused by the trim angle was evident from the stream- 
lined glass droplets'. Small circumferential hair- 
line cracks which follow the fiber-glass lami n ations 
were also observed. ‘The only significant damage to 
the heat shield was a 3-inch delamination which oc- 
curred in quadrant IU near the stagnation point. 

A crack was observed at the edge of the large center 
plug and a separation abound the smaller center plug. 
It was found by sectioning the heat shield at appio- 
priate locations that these cracks and de laminations 
in the heat shield did not extend in depth beyond 
the visible charred portion and did not affect the 
structural integrity of the heat shield. 

Measurements were made of the heat-shield pro- 
file and thickness after recovery to determine if 
there was a change as a result of the flight test. 

The results indicated that any profile change which 
might have occurred was within the accuracy of the 
measurements (±0.01 luch). The heat shield was 
weighed after recovery and the results indicated a 
weight loss of 6 pounds. An independent, evaluation 
of the weight loss will be discussed later. 

Heat shield temperatures and char chai ' cter- 
Istlcs . - The Big Joe heat shield faired temperature - 
time histories at a typical sensor location are 
shown in figure 9# and a typical thermocouple plot 
is shown in figure 10. A comparison of temperatures 
from the different sensors shewed that there was no 
sig-ilf leant effect of radial location on the heat- 
shleld temperatures, an indication that the heat 
shield essentially experienced a uniform heating 
over its surface. Core samp3.es were taken from 
recovered heat shield at various locations on its 
surface to obtain evidence Oj. its physical condi- 
tion. It was found by measurements o** these samples 
that a visibly charred region penetrated to a depth 
of approximately 0.20 inch or soroe 12 percent of tha 
total thickness. A diecolo-ed region extended to a 
total depth of approximately O.35 inch or about 
20 percent of the total thickness. 

As a means of obtaining a better understanding 
of the extent of the char rather than arbitrarily 
defining char visually, specimens of the Big Joe 
heat shield were tested to obtain its electrical 
resistance and specific-gravity properties. The 
electrical resistance of a typical core sample cut 
from the heat shield v&s measured at regular Inter- 
vals from its front fe.ee. There is a definite 
transition at a depth of about 0.12 inch with the 
outer portion being electrically conductive while 


the Interior retain." its origin*.! propeJ'ty as a 
dielectric (fig. 1 -). Specific- gra* H ty measure- 
ments were made from sections cut fiom i^ne of the 
heat-shield core samples (no, 13). Sections repre- 
sentative of the electrically conductive portion 
the remainder of the visual char, the discolored 
region, and virgin material were used to obtain the 
variation of specific gravity with depth ffig. 12). 
By intagrating this specific gravity variation, a 
shield weigit lost, of 6. 5 pounds was obtained. It 
was assumed that the specific gravity of the elec- 
trically conductive relict war a constant value of 
1.55. TMfr region, extending to a depth of approx- 
imately 0.11 -trch, lost approximately 23 percent of 
its origi. *1 resin content, "he results of the 
specific -gravity tests agree approximately with the 
char depths of 0. 12 inch indicated from electrical- 
resistance meat jrementb. These tests also indicated 
three distinct regions which reflect the results of 
the entry heating and are defined as follows along 
with the general range in depth in the heat shield 
at which they exist: 


Regior of sample 

Depth, x, in.J 

Change of electrical resistance 
Visible char 
Discolored region 

0 to 0.12 j 
0.12 to 0.20 
0.20 to O.35 


During this flight test the heating rates were 
low enough so that the ablation process was confined 
to charring the resin portions of the heat shield 
with no surface recession. The char sensors were 
calibrated to indicate the progression of the char 
front. This calibration was obtained from ground 
teste conducted by th«* he at -shield contractor using 
sens or- instrumented models. The results obtained 
from the sensor readings during this flight test 
were satisfactory in a qualitative sense but indi- 
cated excessive char depths ranging from 0.275 inch 
to O.365 inch as compared to the value for change 
of clectrica] resistance of about 0.12 inch. This 
disagreement is attributed to difficulties associ- 
ated with a proper simulation for the calibration. 

A sample cut f2om the extreme edge oi the heat 
shield shewed the visible char penetration level to 
be essentially the same as noted at other points 
over the heat shield. The uniformity of the visible 
char depths over the heat shield, like the uniform 
temperature distribution, lends credence to the fact 
that the heat shield had essentially undergone a 
uniform heating. 

Summery of Results 

The Big Joe flight test yielded the following 
results : , 

(1) Although the trajectory flown by the test 
vehicle was different from that anticipa-ed for a 
typical Mercury entry, + he test proved that the ab- 
lation heat shield was an efficient and reliable 
heat protecti»"e device. Not only did the heat 
shield demonstrate its ability to withstand the 
heating during entry wi .h only minor sui ace effects, 
but it ala showed no effects caured by landing 
loads, 

(2) Mear red heat-shield temperatures and 
char depuis indicated that f he heat shield essen- 
tially experienced a unj heating over its 
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surface. Spec *.f ic-grevity measurements of the re- 
covered heat shield (fig. 12) indicated that in -che 
charring process only 25 percent of the available 
resin content was lost. 

(5) The heat shield could, at the heating 
rale- cxjcrienccd, function as a char-forming re- 
radiatre shield with no surface recession and only 
a very little mass los3 caused by the advance of 
the char interface through the resin system. 

(1*) The peak temperatures reached were just 
in the range of glass melting temperatures; thus, 
the glass forms a reasonable reinforcement for such 
conditions. 

This test provided both an encouraging demon- 
stration of the soundness of the ablative approach 
in general and of this type of construction in par- 
ticular. Further, it provided, early in the program, 
a source of data on which an analytical model could 
be based. This model was constructed and used as a 
tool to describe the probable performance of the 
operational shields based on the observed perform- 
ance of the Big Joe shield. 

Thermal Performance Analysis 
Trajectory Considerations 

The thermal performance of ail ablative heat 
shield will depend not only on the properties of the 
shield material but also on the external flow con- 
ditions in the region of interest. Only the stag- 
nation point was considered for the analysis; 
however, because r the uniform flew conditions, the 
results were assumed valid for the entire shield. 

The required external flow conditions are tem- 
perature and enthalpy as functions of time. These 
conditions weie derived from an analysis of the 
normal shock at a number of points ale ig the entiy 
trajectory (ref. 4 ). Since conditions -t ihe edge 
of the boundary layer were closely apj roximated by 
conditions immediately behind the shoe - ’ these 
latter were used. Also derived from the txajectory 
was a time variation • f the stagnation point convec- 
tive heating-rate (ref. 4 ), as expressed by: 



An extension of the analysis could have been made 
to include shock layer radiation heating, but, as 
t*,is source of heRt is less than 1 percent of the 
convective heating for a typical Mercury entry, it 
has not been included. Further discussion of the 
ablation model and numerical analysis is given in 
appendix B. 

Determination of Ablation Parameter s 
from Analysis of the Big Joe F l ight 

In addition to the thermal properties of the 
uncharred ablation irateri-31, which were presumed 
known and treated as functions of temperature only, 
i> was necessary to obtain certain ablation param- 
eters. 

In the ablation process, the resin undergoes 
dec reposition of a complicated nature which depends 
partly upon the temperature and the reinforcing 


materiai. A portion of the resin decomposes com- 
pletely to a gas, the remainder decomposing only 
partially. Near the surface, prolonged exposure 
zo higher temperatures causes more complete pyrol- 
ysis, thus the surface layers of the char shew a 
more complete decomposition than the inner layers. 
This behavi_r is shewn In figure 12 where specific 
gravity is plotted against the distance from the 
surface measured for the Big Joe heat shield. Ac- 
cordingly, conductivity could be expected to vary 
considerably across the char layer. Further, in 
each element of the ablator, decomposition will 
occur progressively as the temperature increases. 

The development of an analysis for this very 
complex process required '-ome simplifying assump- 
tions which are as follows: 

(1) Ablation occurs at one specified temper- 
ature. 

(2) The char layer is homogeneous and its 
conductivity and specific heat are functions of 
temperature only. 

(3) A known fraction of the resin is pyrolysed. 

(4) Further decampostion of the products of 
pyrolysis neither requires nor produces heat. 

From the Big Joe heat-shield test results a 
char specific gravity of 1.55 was selected corres- 
ponding to the measured surface value. The change 
in specific gravity of 0. 18 corresponded to a loss 
of 26 percent of the resin. The resin originally 
comprised k0 percent of the weight of the composite. 

A value of 1 ,000 Btu/lb for heat of vaporization 
of that fraction of charred resin is commonly quoted 
and was used in the analysis. Surface emissivity 
was taken as 0.9 and the blockage coefficient, oc^. 

taken as 0.15, corresponding to a Prandtl number of 
Q.jh and a mean specific heat of 0.25 Btu/lb -° F. 

More diificult to define were the ablation 
temperature and effective char conductivity, param- 
eters of prime importance. To obtain these, an 
empirical app 'oach was taken. The set of ■values 
which best matched the Big Joe flight data was 
sought, and these values were used for subsequent 
analysis of the various Mercury entries. A range 
of char conductivities was obtained for study by 
interpolating curves between data for fully charred 
and uncharred material as shewn in figure 13 . 

A number of cases were run by using different 
values of ablution tempera tur and char conductivity 
as the two independent variables and two criteria 
were selected to determine when Big Jog results had 
been matched. These were total mass loss and tem- 
perature distribution in the shield after the ab- 
lation was complete. A comparison of temperature 
distribution was based on the definition of a 
single number AT, which is the difference between 
an average Big Joe shield temperature at depths 
of 0 . 19 , 0 . 29 , and 0.39 inch from the surface and 
the average of analytical temperatures at the same 
depths. Plots of unit mass loss and AT against 
ablauion temperature and char conductivity are 
shown in figures lk and 15, and the "match point" 
determined the effective values of ablation tem- 
perature and char conductivity which had to be used 

o 

in the analycls to give a mass loss of 0.2 lb/ft 
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and a AT = 0, that is, to give results which agreed 
with those observed in the Big Joe shield* 

The effects on unit mass loss of variations in 
the values used for heat of vaporization and block- 
age coefficient are shown in figures 1 6 and 17. 

These figures show that there was only a weak de- 
pendence of shield performance cn these parameters. 
The effect of variations in the fraction of resin 
vaporized upon unit mass loss is shown in figure 18. 

Tonally, results from the analysis of the Big 
Joe case using the parameters selected as indicated 
previously were compared with flight data. In fig- 
ure 19 , this comparison is matte of the temperature 
distribution at particular times during the flight. 

Interpretation of Char Depth 

It is observed that the depth of char is some- 
what arbitrary. Change of electrical resistance, 
visual charring, and a less pronounced discoloration 
occur at three different depths. In the present 
analysis, another definition of char has been intro- 
duced; that is, the depth over which density must 
change from the uncharred to the charred value to 
account for the total mass loss. For the Big Joe 
shield, these four char depths were related as 
follows; (1) change of electrical resistance, 

0.12 inch; (2) visual char, 0.20 inch; (5) discol- 
ored region, 0.35 inch; and (4) mass-loss depth, 

0.21 inch. From this relationship a simple scaling 
to other cases can be performed by taking a ratio of 
the char depths which can be physically observed to 
the "mass -loss" depth which results from the anal- 
ysis as follows; (l) change of electrical proper- 
ties, 57 percent of mass-loss depth; (2) visual char, 
95 percent of mass -loss depth; and (3) discolored 
region, 170 percent of mass-loss depth. 

The results of this analysis demonstrated that 
a reasonable engineering model of a simplified 
nature could be contrived to reconcile the observed 
flight results. The accuracy with which the data 
were fitted gave assurance that at least the major 
mechanisms involved were being treated correctly. 

An important deduction from this and from the re- 
sult that the ablation surface operated at essen- 
tially radiation equilibrium temperature is that 
for this type of material and environment the dom- 
inant mode of heat rejection is radiation. The 
Mercury heat shield is in essence a thermal protec- 
tion system which operates primarily by the spon- 
taneous formation of a high temperature radiative 
surface and the utility of which is only slightly 
improved by internal kinetics and convective block- 
age. 

Design and Fabrication of Production Shield 
Selection of Design Trajectories 

The Mercury spacecraft entry was typical of 
satellite entry at lew flight path angles dictated 
by permissible g limits for the human occupant 
and minimal retrograde decrement of velocity. A 
concern over the possible failure of a retrograde 
rocket led to the selection, for design purposes, 
of the case of one retrorocket failing to function. 
The range of heating rate and pulse experienced by 
the shield plong with trajectory parameters is 
shown In figure 20 for such a case. This design 
case yields a heat pulse of approximately 8,910 

Btu/ft £ for a spacecraft weight of 2,439 pounds. 


Design Criteria 

The environment experienced by the spacecraft 
is extremely severe. Temperatures in the shock 
layer immediately ahead of the blunt drag-body sur- 
face are in excess of 10,000° F, beyond the melting 
point of all materials. The Mercury heat shield 
was designed to protect the spacecraft for all de- 
sign entries and control entry temperatures to 
specified limits. In order to provide adequate 
protection for the astronaut, whose back lies only 
a few inches away frctn the inner surface of the 
heat shield, a criterion on the temperature of the 
inner surface of the shield was set at 150° F. Con- 
siderations of the double layer makeup of the shield 
and the bonding state-of-the-art led to a further 
criterion on bondline temperature's being set at 
600° F. The heat shield must also have the capa- 
bility to withstand the dynamic pressures involved 
while sustaining a very hot condition ond sustain 
the high water-impact forces before the structure 
has cooled appreciably. The heat shield shoul 
have the capability to withstand the acoustic and 
vibration environments imposed during launch and 
L .he hard -vacuum and low -temperature conditions 
of the space environment. 

Thermal Performance Criteria 

The thermal performance of the heat shield of 
the Mercury spacecraft required the following; 

(1) Contain the extent of ablation within the 
region of the inclined laminates. 

(2) Maintain the specified bondline tempera- 
ture to preclude de lamination. 

(3) Maintain the specified backface tempera- 
ture to minimize heat rejection uc the interior. 

These conditions were to be fulfilled for s»ny 
abort situations and for any entries from orbit in 
which two or more retrograde rockets functioned. 

Fabrication of Production Shields 

To utilize the experience gained in the con- 
struction of the prototype shield flown on Big Joe, 
the prime contractor for the Mercury spacecraft was 
directed to produce heat shields for the Mercury 
program similar to the basic design proven in the 
Big Joe flight. 

The operational shields were made as shewn 
previously in figure 2. An Inclined ablation 
laminate, with shingles at 20* to the local tangent 
as for the R and D shield, 0.65 inch thick formed 
the outer element. The structural (parallel) lam- 
inate was 0.30 inch thick. 

Appendix C describes in some detail the fabri- 
cation technique employed for the shield. 

Of the several fabrication problems encountered 
the most significant was that of maintaining the 
correct orientation of the inclined ablation lam- 
inates. 

There was concern whether 20* inclination of 
the laminates was actually being attained and con- 
sequently several shields were bored near the outer 
diameter so that the actual angle of inclination 
could be observed. The results of this inspection 



indicated that the angles, in general, were being 
produced. These holes which measured about 1 inch 
in diameter were plugged with representative shingle 
material, and the plugs were retained in the shield 
by the parallel backup structure. Only in the cen- 
ter o 2 the shield did the circumferential orienta- 
tion become a problem. Observations made at the 
exposed surface shoved that the innermost shingle 
laminates were wrinkling and buckling in groups. 

By cross -sectioning a test shield near the center 
the contractor found that the angle of inclination 
deviated appreciably from the desired 20* angle. 

In some examples, the fibers close to the parallel 
liminate were perpendicular to the face and then 
bent over and either were directed parallel to the 
face or in seme cases even at a negative angle be- 
fore returning teward the outer face. This poor 
orientation indicated that a section of the center 
of the shield could be lost as a result of detamin- 
ation and improperly attached fibers. A decision 
was therefore made to machine out the center of the 
shield and replace it aith a high-pressure molded 
plug of 15 -inch maximum diameter (fig. 2 ). A large 
block of properly orientated material was produced 
by stacking developed cones of the proper included 
angle. A segment was then cut from this block to 
form a plug. The plug was t.^cured in the heat 
shield by 12 inclined dowel pins, k located on an 
inner circle and 8 located at a larger diameter. 

To provide additional strength behind the central 
plug, a larger diameter patch pad composed of ad- 
ditional parallel laminates was added to the tnriuo 
or concave side of the shield after the dowel ?ins 
were cemented in place. This pad was a maximum of 
two-tenths of an inch thick. Additional struct \ral 
details are given in appendix C. 

The bond between the inclined laminate and the 
parallel laminate was provided by a high-temperature 
aluminized epoxy bonding agent. 

Ground Testing 

Establishment of the Heating Environment 

Numerous wind-tunnel studies were conducted to 
investigate the heating, aerodynamic stability and 
loads experienced by the spacecraft in the Mach 
number range from 0 to 20 , Models ranging from as 
small s 1 percent of full scale to full scale were 
used in these investigations. Further, full-size 
spacecraft components were employed for studying 
detailed heating effects. These testa played an 
invaluable part in defining the aerodynamic heating 

of the Mercury spacecraft. Reference 1 further out- 
lines the Mercury wind-tunnel program. 

Early Thermal Performance Teats 

Thermal tests included plasma-arc, radiant- 
lamp, and oxyhydrogen blowtorch tests. Radiant- 
lamp tests were \ :rformed on a 2-inch diameter 
specimen representative of the heat shield material 
to attempt to simulate the heating encountered dur- 
ing reentry conditions. During these tests, the 
specimen severly delaminated. Radiant -lamp tests 
were also performed on a one-third scale model and 
resulted in specimen failure. This was due to the 
monitoring thermocouple being located 0.1 inch be- 
low the surface. Since the thermocouple did not 
respond, the lamps were driven at full power, twice 
overload, to try to achieve the programed thermo- 
couple response. Oxyhydrogen blowtorch tests were 
performed on specimens from a production shield. 


In general, however, the simulation was poor be- 
cause of different chemistry and the low temperature 
and enthalpy of the stream. No really useful data 
resulted from these early thermal performance tests. 

Arc -.Jet Tests 

Introduction . - Hie failure of previous 
shield ablation tests and other thermal tests 
duplicate the severe reentry conditions properly 
made it necessary to evaluate further the perform- 
ance of the Mercury heat shield. This was done in 
a series of ablation tests, conducted at the NASA 
Langley Research Center Structures Division arc -jet 
facility using air as the working medium. 

These tests were planned to simulate as nearly 
as possible, with a model designed cc limit edge 
failure, the heat fluxes which would be encountered 
by the Mercury spacecraft heat shield during atmos- 
pheric entry. 

Description of Model and Instrumentation . - Test 
specimens were obtained from a production Mercury 
heat shield (no. 13), which had been rejected be- 
cause of structural defects apparent during ultra- 
sonic examination. The defective area, which 
contained voids, delaminations, or other flaws or 
imperfections, was confined to a ring about 6 inches 
wide located approximately 2 feet from the center 
of the shield. Five specimens were obtained from 
sound areas of the shield, while too specimens were 
obtained from defective areas. 

The model design shown in figure 21 was used 
for the original five sound specimens (tests 1 to 5) 
and one of the defective specimens (test 7). Care 
was taken to protect the specimen edges from heating 
by use of a phenolic asbestos collar which was bonded 
to the specimen with a room temperature vulcanizing 
rubber. Fiber-glass disks and thermoflex insulation 
were incorporated to protect the back surface of the 
specimen from heating. Sot model 6, a change in the 
design of the model was made. In this design the 
fiber-glass d'ak that was originally bonded to the 

neat shield specimen was displaced ^ inch from the 
specimen and i*. - ted by three g inch dowels inserted 

120° apart through the phenolic asbestos collar. 
These dcweJs were employed to provide a three-point 
specimen support to determine if the continuous 
peripheral constraint in the other models prevented 
bondline or parallel layup de laminations. A photo- 
graph of a typical model before testing is shown in 
figure 22. 

Each specimen was instrumented with six chromel- 
alumel thermocouples; two at the back surface, one 
on the bondline between the shingle and parallel 
liminate structure, and three others at various 
depths as shown in figure 23. 

Description of Tests .- The ablation heat shield 
tests were conducted in arc facility no. 20 of the 
structures division of the NASA Langley Research 
Center. A complete description of this facility is 

given In reference . 

A multiple calorimeter probe, geometrically 
similar to the specimens, was used to determine the 
cold -wall heating rate obtained from the arc -Jet 
stream. The power of the Jet and the distance of 
the model from the jet nozzle were varied until the 
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desired heating rate, approximately 67 Btu/ft -sec, 
vas obtained. Probe measurements shewed little 
variation of the heating rate across the diameter 
of the specimen surface. The stream enthalpy was 
not measured but was estimated from previous ex- 
perience to be approximately 4,000 Btu/lb. A sum- 
mary of test conditions is given in table 2. 

The tests were conducted in the foliar ing 
manner. The Jet flow was initiated and after 
1*0 seconds the calorimeter probe wan inserted 
into the stream. The probe was removed after a 
few seconds and the heat-shield model, which was' 
mounted on a water-cooled sting, was imaed lately 
vung into the stream. As soon as the model was 
removed, the heating-rate probe was again swung 
into the stream for an additional check on the 
heating rate. After testing, each specimen was 
photographed and cross -sectioned for further ex- 
amination. The heating time for each model is 
given in table 2. 

* Results . - Temperature -time histories from 
thermocouple readings and surface temperature mea- 
surements observed by optical pyrometry were taken 
for each test. Figure 24 shows the measured time 
history for a typical (test 1) arc -Jet test specimen. 

Thermocouple 6, located closest to the front 
surface of the model, had a very rapid temperature 
rise and reached its peak temperature shortly after 
the cessation of heating for all tests. After the 
removal of the model from the arc stream, the tem- 
perature indicated by thermocouple 6 dropped very 
rapidly and when the recording of temperatures 
ceased (600 to 850 seconds), the temperature of 
thermocouple 6 was comparable with the remaining 
interior temperatures. Thermocouples located at the 
bondline and the .ackflace of the model, as well as 
other interior points , peaked at later times and at 
lower temperatures. Figure 25 shows a typical 
(test 5) surface temperature plot obtained from 
optical pyrometry. 

Application of Analysis to Arc -Jet Tests 

To assess these taste in detail and to estab- 
lish the validity of the analytical model derived 
from the Big Joe flighty predictions were made of 
model performance in the arc-jet environment. This 
was done using a step heat input and the same mater- 
ial properties found to match best the Big Joe 
fligLt results. 

Experimental results were compared with these 
predictions and the results are shown in figure 26 
correlated on the basis of the total cold -wall heat 
pulse experienced by the model. 

Part a of figure 26 depicts the visual char 
depth plotted as a function of total heat flux to 
the specimen* The visual char depths at these heat 
pulses closely matched the char depths obtained by 
the analysis using step heat inputs. Because of 
this good agreement, it vas presumed that char 
depths could be accurately predicted for the Mercury 
heat shield in flight* 

Part b of figure 26 compares the maximum ex- 
perimental and predicted bondline temperatures lor 
the tests. Experimental bondline temperatures were 
consistently higher than those calculated; the dif- 
ference ranged from 40* F at lew heat pulses to 
150° F at high heat pulses. This difference Is due 


mainly to the value of char conductivity used in 
the calculations. The value used provided 7 good 
agreement with test results for the shorter heating 
periods, up to the 150 seconds experienced on the 
Big Joe flight. However, relatively small errors 
in conductivity would be amplified during the longer 
heating periods of the high-pulse ground tests, up 
to JOO seconds. 

Figure 27 shows a curve of the maximum temper- 
ature of each arc-jet specimen at various depths 
from the front surface as given by thermocouple 
measurement. Also shewn is visual char depth for 
each specimen. This determined the temperature at 
which visual char is complete and is defined as the 
effective ablation temperature. Tills parameter in- 
creased fran 600° F at low heat pulses, the value 
found to match best the Big Joe results, to almost 
900° F at high heat pulses. Since calculations 
were based on a fixed effective temperature of ab- 
lation of 600° F, this further explains why agree- 
ment between experimented and calculated bondline 
temperature is better at low heat pulses than at 
high heat pulses. 

Fli#it Performance 


Flight Descriptions 

The background provided by the Big Jpe flight 
and' the are-jet simulationr gave confidence that 
the operational shield would perform satisfactorily. 
Predictions were made for a wide range of entry 
heat-pulse conditions from early abort to 1 ‘ar de- 
cay, including typical entries such as tha for 
MA 6 shown in figure 28. Following is a bi ief de- 
scription of the Mercury flights covered in this 
report: 

MA-2 . - This was a suborbital flight launched 
on February 21, 1961, snd designed to subject the 
spacecraft to maximum "g" and to produce maximum 
afterbody heating. Consequently, the total heat 
load on the shield was less than during an orbital 
entry. The heat shield was recovered in excellent 
condition. 

MA-4 . - This was the first orbital flight for 
the Mercury heat shield and was launched Septem- 
ber 15, I96I. After traversing a single orbit in 
the unmanned condition, the spacecraft experienced 
normal entry heating conditions and was recovered. 

The center plug section of the shield had cracked 
free at the outer diameter and resulted in a gap at 
the parting line of about three -sixteenths inch. 

The plug was still tightly retained by the inclined 
dowel pins and was forcibly separated from the heat 
shield by breaking two of the dcwel pins and tearing 
the holes around the other dowels. Examination of 
the parts showed that the previously curved center 
plug had flattened considerably during the cooling- 
off phase of the fH<*it period. Also, the bonded 
surface showed the bondline thickness to be exces- 
sive, 0.047 inch thick as opposed to the specified 
0.010 inch thick maximum thickness and further 
shewed large air bubbles covering about 50 percent 
of the boud surface. 

MA-5 . - This was a two-orbit primate flight 
launched on November 29, 1961. The heat shield from 
this flight showed a similar char depth as the pre- 
vious flight; however, the center plug vas completely 
missing from the shield upon recovery. Again the 
glue line was excessively thick, 0.030 inch, but the 
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loss of the center plug va b attributed primarily to 
an error in the drilling of the holes for the in- 
clined dcvel pins. The holes were two-tenths or an 
inch too shallow which resulted In essentially a 
coirplete loss of grip by the dowel pins upon the 
center plug section. A thermocouple protruding 
into the center plug area and still functioning 
upon water impect provided continuous flight data 
that indicated that the plug was In place up to the 
instant of water impact and separated from the 
shield upon impact. As a result of this separation 
and the separation during the preceding flight, an 
X-ray technique was developed that distinctly showed 
the air pod.ets in the bondline between the shield 
and center plug. The sharpness of definition of the 
air bubbles also indicated to bom* extent the height 
of the air bubbles or the thickness of the glue 
joint. Several experimental fabrication techniques 
were explored in an effort to eliminate the air 
pockets and to reduce the thickness of the glue 
Joint. All shields that had been fabricated were 
X-rayed and the percentage of void in the glue 
joints was measured. All shields that exhibited 
greater than 20 percent void were returned to the 
manufacturer where the center plug was machined 
away and a new plug was installed, re inspected, and 
evaluated. In some cases, three and four new cen- 
tral plugs had to be installed before the percentage 
of voids was reduced to an acceptable level. 

MA-5 . - Oils was the first manned orbital flight 
of a Mercury spacecraft and was successfully made on 
February 20, 1962. The flight was planned for three 
orbits and was a culmination of the program to de- 
velop the Mercury spacecraft and to use it for man- 
ned orbital flight. In general, the spacecraft 
functioned well during the mission. Because of a 
false indication of heat-shield detachment ■ t was 
decided to perform the entry with the retropackage 
on the heat shield. The external surface of the 
shield was charred in the normal pattern. The 
center plug of the shield had separated as in the 
previous orbital missions. The same area contained 
several radial marks approximately 4 inches in 
length. It is possible that a large piece of the 
retropackage slipped off in this direction. 

MA-7 . - This was the second manned orbital 
flight and was conducted on May 24, 1962. The 
flight was planned for three orbits and was a con- 
tinuation of u program to acquire operational ex- 
perience and information for manned orbital space 
flight. The performance of the MA-7 heat protection 
system was as expected and was quite satisfactory. 
The maximum recorded values of temperature on the 
ablative shield were compared with previously ob- 
tained orbital reentry values. The magnitudes of 
these temperatures, as well as the ablation shield 
weight loss during reentry, were comparable with 
previous flights. The external surface of the heat 
shield had the normal, evenly charred, glass -streak- 
ed appearance and some circumferential separation 
of the edge laminations were evident. The ablation 
shield center plug was found to be missing, with 
evidence that the plug remained intact throughout 
the reentry heat pulse, as in the MA-5 mission. A 
number of cracks similar to those experienced ia 
some previous missions were found in the ablation 
shield ex+crior; however, these cracks did not com- 
promise mission safety. Considerable recovery- 
handling dents and cuts wore noted. The veitfit 
loss of the heat shield during the reentry phase 
amounted to approximately 13 pounds. The supporting 
structure behind the ablation shield was found to 


be in excellent condition following the flight. 

MA-8 . - Hie third manned orbital space flight 
was conducted on Obtober 3, 1962. The fligit was 
planned for six orbital passes or less and was a 
continuation of a program to acquire new knowledge 
while extending the operational experience in manned 
orbital space flight. All objectives were accom- 
plished. The performance of the heat protection 
system was satisfactory. The materials ana con- 
struction of the heat shield were the same as for 
heat shields used on previous orbital missions, 
with the exception that the center plug was belted 
to the structural laminate + > ▼'"event i+s loss after 
reentry. The center plug was fountf to be firmly 
attached to the heat shield during postflight ex- 
amination. During entry the heat shield provided 
satisfactory thermal protection as on previous 
orbital missions. As expected, the stagnation 
point appeared to have been very near the center of 
the shield and the usual glass droplet streaks ex- 
tended out from the center of the shield. Minor 
and major cracks in the ablation laminate and sep- 
aration at the bondline were evident in postflight 
inspection. The separation at the bondline, where 
the ablation laminate is glued to the atructurax 
laminate, was found to be extensive over the center 
portion of the shield and extended approximately 
one -half the radius of the shield. The unbonded 
surfaces \ .re smooth. The cracks in the abletion 
laminate apparently occurred after reentry heating, 
as evidenced by a ur 1 ^rm char depth in the cracked 
and uncracked portions of the ablation laminate. 

When the bondline separation was found in +'ne shield 
used for the MA-8 mission, a section was cut from 
the MA-7 shield and it was found J iiat substantial 
bondline separation was evident without major cracks 
showing at the exterior of the ablation laminate. 

The heating appeared to be uniform over the shield 
as indicated by 12 core samples taken at vario>’" 
locations in the shield. Char depth measuremeax,. 
were normal, varying from 0. 33 to 0.4u 5"ch as in 
p* vlous missions. The measured wei^it xoss, 

17.43 pounds, was more than that esqserience during 
previous missions. The MA-7 beat shield lost 
13. 1 pounds and the calculated loss was approxi- 
mately 11 pounds. The measured weight loss for 
previous missions has been as lew a3 6.1 pounds. 
However, the heat-shield drying procedure used 
after flight to remove water has not been the same 
for all flights, thus leading to some uncertainty 
as to the significance of the apparent differences 
in weight loss. 

MA-9 . - The fourth and last manned orbital 
space flight was performed c . May 14, 1963, and was 
highly successful. The materials and construction 
of the heat shield were the same as those for heat 
shields used on previous orbital missions with the 
exception that six steel bolts we. e installed in a 
circle having a radius c. 14 inches from the center 
of the heat shield to aid in retaining the shingle 
portion of the shield at landing in case of bond- 
line ceparation. Postflight examination revealed 
only minor cracks in the ablation laminate A 
section through the center of the shield indicated 
that the bondline had separated, but that it had 
been held together by the bolts. The separated 
area was not nearly as extensive as that evident 
on the MA-8 heat shield, and the surfaces of the 
separation region were smooth. No large cracks 
were o> 3erved to emanate from the separated bond- 
line area, as had occurred in the previous two 
flights. During reentry, the heat shield provided 
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satisfactory thermal protection, as on all previous 
orbital ^-ussiona. The extended time cf exposure of 
the neat shield to the space environment did not re- 
sult in any noticeable effects regarding the heat- 
shield performance. As expected, the stagnation 
point appeared to have been close to the center oi 
the shield, as evidenced by the usual glass droplet 
streaks that extended out frem thia point, Die re- 
entry heating appeared to be uni for* over the shield, 
as indicated by 10 core sarples taken at various lo- 
cations. Char depth Measurements of these samples 
indicated normal heating, and these values varied 
from 0.34 to O .38 inch similar to previous missions. 
Die measured weight loss of the heat shield vas 
15. 3^ pounds. Die spacecraft heat protect icn system 
perforate satisfactorily aw in previous niss lexis. 

Peat Shield Instrumentation 

Bach Mercury flight had a unique set of heat- 
shield Instrumentation. This instrumentation con- 
sisted of thermocouples located at various depths 
and radial locations. These locations are given for 
each shield in table 3 - Die following section gives 
the data from these thermocouple and sensor loca- 
tions. 

Observed Temperatures 

Figure 29 shews the Me retry -Atlas heat -shield 
temperatures for all sensors for each flight. Max- 
imum bond line temperatures experienced a range of 
free 300* to 450* F, values meeting the 600* f 
bondline criteria. Diese aaxicum temperatures oc- 
curred at vater impact. Temperatures in excess of 
300* F were observed on the shield bacXfuce in 
some cases. Such temp. ~itures , however, did not 
apparently affect equipment or the structural in- 
tegrity of the shield. 

Poet flight Measurements 

Postflight measurements of vi*ua} and electri- 
cal char depths *nd specific gravity were taken of 
specimens from the heat shield of each Mercury 
spacecraft. Additional poet flight measurements cf 
glass content, water absorption, and weight loss 
under vacuum conditions were taken cf specimens 
from the MA-9 orbital heat shield and specimens 
from virgin Mercury heat-shield material. These 
measurements are sported on in appendix D. 

Analysis of Spacecraft Entries 

A variety of Mercury spacecraft entries was 
studied by using the prediction analysis which has 
been previously described. Entries from nominal 
missions and from a wido range of abort ad emer- 
gency conditions were analyzed to determine char 
depth and temperature distribution of the heat 
shield. The results of these studies are compared 
with the *ata obtained in flight In figure 30 cor- 
related on the basis of total heat pulse. 

Figure 31 shows a variation of maximum Mercury- 
Atlas heat shield temperatures with depth from the 
front surface for all sensors flown on orbital 
entries. Fairly good correlation of all temperature 
sensors can be shown on a plot of this type. Addi- 
tionally, appearance of a flight heat shield plug 
can be correlated as to temperatures corresponding 
to the visual char depths shown. It can be inferred 
that the regions described In the section entitled 
H Interpretation of Char Depth" can be correlated 


with eiixiiMD temr^rat'-res In the tabulation -hich 
follows: 


Conditions 

Temperature, *F 

Completely charred 
Par* tally charred 
Discolored 

No visible heating effects j 

> 1.000 to 1.200 

> 600 to 800 

> 400 to 500 

j < 400 


In suraary, it is considered that an adequate 
engineering analysis was developed to predict the 
performance of thf Mercury spacecraft heat shield. 
Die results of the Big Joe heat-shield flight test 
were used to aid in r.he selection of parameters for 
the analysis which hes beer, applied tc a variety ox' 
Mercury entries. Good agreement between the ana- 
lytical and observed test results is noted for all 
the flights. 

Linear variations of char depth end backface 
temperatures with total heat pulse are found to 
exist over a wide range of entries from early abort 
to near decay. 

This analysis is based on the assumption that 
the parameters determined frem the Big Joe heat- 
shield test apply to the larger heat pulses of 
orbital entries. Support of this assumption is 
indicated from th. results of arc-jet tests on 
specimens of the Mercury shield at heat pulses from 

7,400 to 20,700 Btu/ft 2 . A second iteration on the 
properties to be used in the ana 1 yuls could have 
been made by using ground -test data. Further re- 
finements in the analysis are also obvious. How- 
ever, these refine menu were never made during the 
lifetime of the project and v«ll probably never be 
important because of the change In direction of 
entry ablative technology. 

Conclusions 

Die Mercury spacecraft heat shield was shown 
to be well suited and reliable for the entry con- 
ditions encountered. Die dominant mechanism of 
heat rejection is radiation from the surface which 
does not recede during entry. A straight forward 
one -dimensional analysis was developed to reconcile 
the results of flight and ground testing. Manufac- 
turing difficulties were experienced but overcome 
and consistently good performance was obtained from 
the seven shields that were flcwn. 

Appendix A. - Ablation Sensors 

Diree types of ablation sensors were developed 
for NASA (types 1, 2, and j ). 

Die type 1 ablation sensor vas a slightly 
truncated cone with a tin end exposed at the front 

t &('2 and measuring g-' . h in diameter. The operat- 
ing principle was that tr. * material remaining after 
charring vas caroonaceous in nature and formed an 
electrical conductor. Fine vires wore brought 
within verious distances of the front face and 
electrical power was passed through the vires. 

When the char reached a certain depth, an electrical 
cjrcuit vas thus completed between a pair of the 
fire vires. Dili sensor vas tested by a contractor 
and found to be satisfactory. 






'Hi? type 2 ablation sensor consisted of n 
^j-inch -diameter plug with a double twelve-pitch 

thread cut into the outer surface, xhe plug was 
heavily copper-plated and then carefully ground so 
that a pair of interwound helical copper wires re- 
mained at the base of the threads. The dual vires 



formed a condenser, the total capacitance of which 
decreased as the char layer progressively advanced 
into the shield and caused a short circuit in part 
of che wire lengths. Prototype samples of this 
sensor were tested by NASA but did not perform sat- 
isfactorily and the concept was discarded. 

The type 3 sensors operated on the same prin- 
ciple as the type 1 sensor. However, three were 
tested hj NASA and did not function properly. 


Appendix B. - Program for Ablation Analysis 


The ablation model assumed is oc?e -dimens local 
and considers the overall thickness to be constant 
while a char front advances through the material. 

A finite difference analysis is used in which the 
material Is divided into thin elements. An element 
is treated as ablating when it reaches a specified 
"ablation" temperature. When the heat necessary to 
vaporize a specified fraction of the ^esin has been 
absorbed, the element becomes "charred." A heat 
blockage term is included based on the rate of ab- 
lation and conditions outside the boundary layer 


(ref. J ). 
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Because of the assumption of unchanged overall 
thickness, the analysis cannot be applied to ca^es 
in which the heating rates are high enou#i to cause 
the removal of appreciable amounts of the charred 

material, rates on the order of ICO Btu/ft -sec, 
nor to cases in which mechanical removal of the char 
caused by high shear forces occurs. Neither of 
these situations occurred for the Mercury heat 
shield. 


The numerical anpx.ysis i* based on a conven- 
tional finite aii Te'. er.ee solution of the conduction 
between adjacent one -dime ne lonal elements described 
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in reference . 

xhe difference equation for a typical internal 
clement n is written as: 
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and 
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The time increment AT is assumed small so 
that properties k^ and can be evaluated at 

the temperature prevailing at the beginning 
of the step. 

For the surface element N the difference 
equation is written 


: ? + 

n + p 5 c 


H Aero 


" *BL “ 


2(T 


00 


T ,) k k , 
n-1 n n-1 


6 k . + 5 - k 
n n-1 n-1 n 


The inner surface was considered to be adiabatic. 

This analysis was programed for machine com- 
putation on an IBM 704 digital computer. 

Appendix C. - Ablation Shield Fabrication 
and Manufacturing Problems 

fabrication Technique 


The fabrication procedure which was eventually 
employed involved first the buildup of the ablation 
shingle laminate and the subsequent addition of the 
ring and the parallel laminate. The shingle lamin- 
ate was fabricated by laying the ~es in -impregnated 
fiber-glass cloth tape obliquely on a mandrel and 
building in to the center in a single continuous 
process. This component was then cured at a pres- 
sure of 65 psi for approximately 12 hours at tem- 
peratures up to ? 00° F. This was followed by a 
72-hour post cure at 250° F. The edge ring and 
parallel 2«yup were subsequently applied over an 
aluminized epoxy bond. The entire assembly was 
poet cured for 21 days, 7 days each, et tempera- 
tures of 250® , 300° , and 350° F. 

The molded center plug measured 15.5 inches in 
diameter and was 0.63 Inch thick with a 0.23 inch 
hi£i 1-inch -diameter nubbin in the center. \he 

taper angle was 14~° . The plug was held by 12 

0.202-inch -diameter dowels in 0.219-inch holes, 

8 at a 3^- inch »-adius and 4 at a 2-inch radius (at 

concave surface) inclined at a 45° angle inward. 

The depth of the dowel measured 1. 15 inches on the 
dowel axis, or 0. 813-inch through shield tnickne3'i. 
The shield was 1.15-inches thick at the center 
(0.93-^nch + 0.2-inch backup). Thus, dowels are 
set O.313- inch into the plug. 

The backup plate measured 33 indies in diam- 
eter (maximum) and was feathered to a diameter of 
29 inches. The plate was 0.20-inch thick in the 
center, 0.177- inch thick at the outer edge (29 inches 
diameter), and 0.020- inch at 33 inches diameter. 

Manufacturing Problems 

3h ingle De lamination . - Early in the program, 
the manufacturer of the spacecraft prepared two of 
the heat shields fer static -load teats. The first 
shield was ruined by placing the entire shield in 
a large oven for th™ purpose of curing some bonded 
load pads for the ground -test program. The rapid 
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uniform heating of the entire shield resulted in 
de lamination of areas in the parallel lamii^ted 
backup structure as a result of volatile gases 
being generated between the parallel laminates 
where there was no venting. large blisters, mea- 
suring 6 to 10 inches in diameter, occurred at 
several locations in the backup structure. A sec- 
ond shield was also ruined in an attempt to b 
loading pads to the shield when the oven tempei - 
ature regulator vent out of conti ol. Ibis shield 
was first quartered and then cut up into many small 
test specimens. Upon sectioning the shield, areas 
were visible where the shingle section of the 
shield was extensively delaminated. It was theor- 
ized that these de laminations between plies were 
opened to the surface and the long post cure cycle 
of heating the shield at 250° , J00 0 , and 550* P 
for 7 days each resulted in oxidizing the resin in 
those areas where porosity existed. These porous 
or delaminated areas were not detectible by X-ray. 
rhe neat shield contractor, however, experimented 
with various inspection methods to detect porous 
areas in the final product with rut destructive 
testing of the shield. By using ultrasonic trans- 
mission through the thickness of the shield, the 
contractor could detect even very small areas cf 
porosity. Specimens from the second damaged shield 
were used to calibrate the degree of porosity. 

Small confined local areas of porosity were no. 
considered detrimental to the integrity of the 
shield; however, the large areas were considered 
unacceptable. Each shield tnereafter was complete- 
ly ultrasonically surveyed in various phases of 
its construction. Small areas of porosity were 
observed to increase in size as the shields were 
exposed to additional heat cure and post cure 
cycles. Shields that showed areas of porosity too 
lar^e to be acceptable for flight were generally 
salvaged by completely machining all the shingle 
laminates away from finished shields and rebuilding 
the shingle laminate thus salvaging the parallel 
laminates and the outer rings. In some cuc®s where 
shingle buildup was examined prior to the addition 
of ue parallel or ring sections, the complete 
shingle layer was scrapped when found to be ex- 
cessively porous. All shields produced showed some 
small areas of porosity as a result of the sensi- 
tive ultrasonic inspection methods; however, upon 
postflight examination , none of these areas ever 
shewed an indication of affecting the performance 
of the shield. 

Ring Separation . - During the pressure and 
heat-curing cycle of some of the shields during 
fabrication, cracks developed between the outer 
composite ring assemblies and the parallel or 
shingle Iwvinates. Ihese creeks sometimes covered 
a circurjferential angle of (greater than 120°. Ine 
cracks were always repaired by filling the cracks 
wi^h raw laminate cate rial and resins and by adding 
dcwel pins between the parallel and ring assemblies. 
Some 218 helical inserts that were later used to 
attach the landing bag to the heat shield also gave 
confidence that these cracks would never pose a 
structural problem. Repaired cracks were n*ver 
found to reopen as a result of ground -test loads 
or flight conditions. 

Ap pen d ix D. - Post flight Measurements 
Visual and Electrical Char Depths 

Postflight measurements of visual and elec- 
trical char depths were taken of the heat shield 


of each Mercury spacecraft. Ihese measurements are - 
shown i?i table 4. Tu order to obtain specimens for 
postflight examination, cylindrical cores measuring 
2 inches i.i diameter were taken from each shield. 

A sketch of typical core locations is shown 

in figure 32. Visual char depths were measured 
after one edge of each specimen was polished flat 
to obtain a clean smooth surface. Visual char depth 
measurements averaged between 0. 3C inch and 0.40 Inch 
for all flights, tending to be slightly higher cn 
the average tor the later flights. The increasing 
spacecraft veiffrt for Uic later flights, ae shewn 
in table 5> which contributes to the greater heating 
is a factor in increasing char depth. Electrical 
char depth measurements were made by successively 
removing thin (9.030 in. ) layers of char material 
and taking resistance measurements across the sur- 
face of the specimen. After changes in resistance 
started to occur, cuts of 0.005 inch to 0.010 inch 
were made before each measurement, lhis change in 
resistance determined the "electrical" char depth. 

A direct correlation was established between elec- 
trical and visual char depths as determined fran 
postflight measurements. Electrical char depth is 
generally about 57 percent of visual char depth. 

Specific Gravity Measurements 

Postflight measurements of specific gravity of 
the heat-shield specimens are shown in table 6. 

Two specimens measuring ^ inch by ^ inch in cross 

section and extending the full depth of the shield 
were cut from every core of each heat shield. 

Specific gravity measurements for specimens from 
the MA-9 shield are approximately 15 percent higher 
than for other shields because of differences in 
measuring techniques. It is believed that prime 
reliance should be placed on the data from shields 
MA-2 through M*-3. 

Figure 33 shows a typical variation of specific 
gravity with depth through the heat-shield specimen 
(MA-7). The figure cucws that char formed during 
entry is less dense than the virgin material a.«d the 
density starts becoming uniform after approximately 
C. 40 inch. 

Water Absorption Measurements 

A unidirectional water-absorption study of 
MA-9 preflight arid postfiight heat-shield material 
was performed. Samples consisted of preflight- 
virgin and postflight -charred material. Six right 
circular cylindrical samples were supplied; three 
of these samples were virgin material with a diam- 
eter of 1.59 centimeters and a height of 2.42 centi- 
meters, and three were charred samples of similar 
dimensions. 

In an effort to determin** an upper limit to 
water absorption, void volumes fo* the virgin and 
charred samples were determined. A specially pre- 
pared pycnometer, which could be inserted in an 
evacuated desiccator, was used to made void volume 
measurements. The pycnometer was evacuated to in- 
sure that entrapped air was removed from the samples. 

Unidirectional water-absorption measurements 
were made by sealing all but one end of the sample 
with tape and paraffin, immersing the samples in 
water, and removing and weighing them at appropriate 
time intervale. 
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Figure ^4 shows unidirectional water abcorp- 
tion for virgin samples ae a function of time. 

Since the same surface area was exposed to water 
for each sample, the variations of water -absorption 
rates for the three samples nrobably were caused by 
variations in th*» T-enroducibility of the method. 

Good sealing around the sample was not easily main- 
tained. Apri oxinately 1JS percent of the total sur- 
face area was exposed to water for each sample. A 
limiting value for water absorption is represented 
in the average void volume for the virgin samples 
which was previously given. 

Figure 35 indicates the water-absorption his- 
tory for the charred samples. The average void 
volume of the charred samples represents the average 
limiting value of water absorption for the same 
samples. As Bhwn in figure the variations in 
water -absorption rates were probably caused by var- 
iations In the reproducibility of the method. 

Weigit Loss 

A study of weight loss in the vacuum of the 
MA-9 heat-shield material at 75*F and at 375° F was 
performed. The samples supplied consisted of pre- 
flight -virgin, and poetfligit-charred mater ial. 

Six samples were supplied; three plate samples of 
virgin material with dimensions of 2.5 by 2.5 by 
0.3 centimeters and three plate samples, charred, 
of similar dimensions. 

Experimental equipment . - All weigit loss and 
pressure measurements were obtained and recorded by 
using a recording balance with vacuum system. 

Heating of the sample was accomplished by using 
three reflector-mounted infrared heat lamps. The 
lamp-sample distance was adjusted to provide the 
desired sample temperature. 

Experimental procedure . - Prior to the weight- 
less determinations , the samples were weighed and 
then desiccated for approximately 48 hours. The 

system was pumped down to approximately IxiO”^ mil- 
limeters of mercury. After the system reached 
equilibrium at roaa temperature, the temperature 
was raised to 375 # F. An equilibrium weight-loss 
rate was attained at 375* F and the experiment was 
terminated. The same procedure was used for both 
charred and uncharred samples. 


Results . - The observed results are si own in the 
following tabulation: 



Initial 

sample 

weight, 

g 

Equilibrium 
weight-loss rate 

Total weight 
loss after 

Sample 

Room 

temperature , 
m^tor 

375* F, 
mg/hr 

2jt hours at 

375* t (Ini- 
tial), mg 

Uncharred 

2.9589 

0.2A 

0.56 

19*7 

Charred 

2.5893 

.15 

.22 

19*2 


The tabulation shows that the weight -loss 
rates are very small for both charred and virgin 
heat-shield material and are quit© insensitive 
to temperature. Thi* veififct loss probably repre- 
sents the loss of abaorbad contaminant*. 


Chemical analysis of MA-9 Heat Shield for Glae t 
Content and Combustible Volatiles 

A chemical analysis of the Mercury heat nhield 
for glass content was performed. Samples ccni is ted 
of preflight virgin, a id postflight charred heat 
shield material. L'oth kinds of samples were taken 
from the ring region of MA-9- A sample of each 
material was analysed to determine in each the 
fraction by weight of combustible volatiles, the 
fraction by weight of fiberglass, and, in the case 
of the charred heat-shield sample, the fraction of 
unbound silica remaining in the char region. 

The procedure used in making the chemical 
analysis was as follows: A sample, we losing approx- 

imately 2 to 3 grams, was cut from the uncharred, 
virgin specimen and one from the charred specimen. 
Both samples were ignited in air at 1,400* F in 
platinum crucibles until the contents maintained a 
constant weight. It was found that the combustible 

volatiles were 30.06 percent 1 for the virgin heat 
shield, and 24.42 percent for the charred beat- 
shield material. 

The silica content of the specimens was next 
determined. The residues from the combustible 
volatiles measurement, still in the platinum cruc- 
ibles, were treated with a 50**50 mixture of concen- 
trated nitric and hydrofluoric acid solution. The 
moistened residues were dried on a hot plate^ *nd. _ 
heated with a burner. The process was repeated 
until constant veigits were obtained. The silica 
was determined to be 39.23 percent for the virgin 
material and 43.15 percent for the charred MA-9 
material. 

A summary of results and comparison with the 
manufacturer’s specifications for virgin MA-9 heat 
shield material is given in the table which follows: 


Semple 

materials 

flanufac- 
turer ' s 
specifi- 
cation, % 

MA-9 virgin 
heat eh laid, 
$ 

Charred MA-9 
heat shield,' 
% 

Combustible 

volatiles 

- 

30,06 

24.42 

Resin content 

31.8 

32*6 

26.5 

Total 

inorganics 

- 

69 . 9 1 * 

75.58 

Total silica 

36.15 

39.23 

'*3. 15 

Portion of 
allies In 
fiberglass 

3 >*.98 

35.68 

29.01 

Fiber-glass 

content 

68.2 

67.33 

54.79 

Unbound 

(free) 

silica 


— 

12.02 


^All percentage measurements are by weight. 
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Good correlation existed between the virgin 
heat-shield analysis and the manufacturer's speci- 
fications. The analysis of the charred heat shield 
shewed the 1038 of volatile carbonaceous materials , 
the correspond!;.# Increase in concentration of in- 
organics, and t..e fall in concentration of undis- 
turbed fiberglass in the overall composition. The 
total silica concentration increased in the charred 
material and existed ss unbound, free silica, prob- 
ably concentrated totally in the charred regions of 
the heat shield. 
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TABLE I. . BIG JOE HEAT-SHIELD INSTRUMENTATION - Concluded 



V. 

The accuracy of depth measurement la *0.001 Inch. 












TABLE II. - .ARC-JET TEST 
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TABLE IH. - MERCURY FLIGHT HEAT-SHIELD TEMPERATURE INSTRUMENTATION 


Flight Segment j 


MA-8 

MA-9 


Location 

BX33, 

. m 

XO, TY2 

1X1, 

TY2 

RX33, 

TT3 

RX1, 

TY2 

HX33, 

TY2 

RX1, 

BY1.73 

1X1.37, TY1.37 

1X2, 

BT1. 5 

1X1, 

YO 

HX33, 

TY3 

1X1, 

m 

1X2. ^ 

•, BYl.f 

1X2, 

Bn. 5 

HX33, 

YO 

XO, YO 

BX33, 

YO 

XO, YO 


Range, °F 

-20 

to 

500 

-20 

to 

500 

-20 

to 

800 

-20 

to 

8oo 

-20 

to 

800 

-20 

to 

800 

-1*0 

to 

1,050 

-6 0 

to 

1,000 

-50 

to 

1,050 

-20 

to 

500 

-2C 

to 

8oo 

-20 

to 

800 

0 

to 

2,500 

0 

to 

2,500 

-60 

to 

1,000 

-60 

to 

1,000 

-60 

to 

J.,000 

0 

to 

1,800 


T^pe 1 thermocouple; chromel-cons tan tan 
T^pe 2 thermocouple; chrome 1 -a lume 1 
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POSrmGHT MEASUBEMEIfTS OF SPECIFIC GRAVITY - Concl Jsded 
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Plgura 6.- Big Joe actual entry trajectory. 
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Figure 7.- Comparison of stagnation point heating rates 
for achieved and anticipated flight trajector i es. 







Figure 8,- Photograph of recovered Big Joe heat shield 
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Figure 9.- Big Joe heat-shield faired temperature-time 
histories from a typical sensor. No. 1. 
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M gure 10.- Measured Big Joe heat-shield temperatures 
at a typical thermocouple, No. 10. 
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Figure 15.- Difference between measured and analytical temperatures 
as a function of ablation temperature and fraction of uncbarred 
conductivity for the Big Joe entry. 
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Figure 16.- The effect of heat of vaporization on total mass loss. 
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Figure 17.- The effect of the blockage parameter, 0f£ , on total mass loss. 
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Figure 18.- The effect of fraction of *“esin vaporized on 


total mass loss. 
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(a) Time = 540 seconds. 

Figure 19.- Comparison of measured and calculated temperature distributions at 
several times during the Big Joe flight. 



Figure 19.- Continued. 




Extremes of 
measured data 

Present analysis 





.< 




600 800 1,000 1,200 1,4-00 


Time, t, seconds from launch 

Figure 20.- Mercury nominal design entry 
trajectory (two retrorockets firing). 
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Figure 22 . - Photoaraph of typical arc-jet test model before testing. 
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Figure 23.- Thermocouple Instrumentation on arc- jet test model. 
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Figure 25.- Measured surface temperature-time history 
from a typical arc- jet specimen, test 5. 
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Figure 27.- Maximum temperatures experienced at 
various depths in the arc- jet tested specimens 
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(c) Longitudinal deceleration along spacecraft Z-axis, 
Figure 28.- Concluded. 
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Figure 29,“ Continued. 
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Figure 29,- Continued. 








Figure 29.- Continued 
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30.- C«p«rl#o" of fXIoM ro.ults end predicted o.timt.s on the 
of total colei -wall heat pulse. 














Figure 3*0. - Concluded. 
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Figure 31.- Variation of maximum Mercury-Atlas heat-shield 
temperatures with depth from front surface for all orbital 
missions. 
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Igure 29.- Continued. 



